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Unsteady Panel Method for Flows with Multiple Bodies Moving
Along Various Paths
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A potential flow based three-dimensional panel method was modified to treat time-dependent conditions in
which several submerged bodies can move within the fluid along different trajectories. This medification was
accomplished by formulating the momentary solution in an inertial frame of reference, attached to the undis-
turbed stationary fluid. Consequently, the numerical interpretation of the multiple-body, solid-surface boundary
condition and the viscous wake rollup was considerably simplified. The unsteady capability of this code was cali-
brated and validated by comparing computed results with closed-form analytical results available for an airfoil,
which was impulsively set into a constant speed forward motion. To demonstrate the multicomponent capability,
computations were made for two wings following closely intersecting paths (i.e., simulations aimed at avoiding
mid-air collisions) and for a flowfield with relative rotation (i.e., the case of a helicopter rotor rotating relative to
the fuselage). Computed results for the cases were compared to experimental data, when such data was available.

Nomenclature
A = panel surface area
B, C, = influence coefficients

b = wing span

Cr = lift coefficient
o = section lift coefficient
Cu = pitching moment coefficient

C,, = section pitching moment coefficient

C, = pressure coefficient, defined by Eq. 15 )
Crotl = rolling moment coefficient, moment/0.5pU_, A(b/2)
Cr = thrust coefficient, thrust/prQR*

c = wing chord

F = fluid dynamic force

J = advance ratio (U../QR)

N = number of panels

n = vector normal to panel surface

p = pressure

R = rotor radius

r = radial distance

r = vector (x,y,z)

S = surface area element

t = time

U, = freestream velocity

u,v,w = induced velocity components

| 4 = total velocity vector

Vo = translational velocity of origin

Veef = reference velocity used in the Bernoulli equation
XY,z = body coordinates

o = angle of attack

T = circulation
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= circulation per unit length

= rotation about the y axis

= doublet strength

= fluid density

= source strength

= velocity potential

= rotation about the x axis

= rotation about the z axis

= rotation rate of body coordinates (or rotor)
= frequency, rad/s
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Introduction

IME-DEPENDENT, three-dimensional flowfields are gener-

ally difficult to compute using the full Navier-Stokes equa-
tions, particularly if relative motion between solid bodies is
involved. To obtain engineering solutions for these types of flow-
fields, simpler mathematical models must be used. One such sim-
pler model for computing three-dimensional flowfields is the panel
method. This method is based on the solution of the potential flow
equations and can provide detailed information on the pressure and
velocity distribution within the incompressible, attached flow
regime. A variety of panel methods differing in their numerical
approximation to the governing equations are listed in Ref. 1. It is
the goal of this study to demonstrate that panel methods can be
applied to unsteady flow problems involving the relative motion of
solid bodies.

The panel method used in this study is an evolution of one of the
simpler formulations® presented in the past for computing the
potential flow over complex three-dimensional bodies. Time-
dependent versions of this earlier formulation were later developed
to treat complicated motion of three-dimensional bodies® and the
rotation of a propeller relative to a stationary wing.* This approach
led to the development of the panel method of Ames Research
Center (PMARC)’ in which the main emphasis is placed on time-
dependent motions of a solid body and computational efficiency,
allowing the program to run on small personal computers. The
unsteady motion, at this point, was oriented toward maneuvering
airplanes for which the path of the motion is known (prescribed)
and the geometry of the body was fixed (with time). However,
numerous time-dependent fluid dynamic problems require that
various components of the body be subject to different or entirely
independent motion, as in the case of propellers and rotors®® or for
a wing with an oscillating flap. This unsteady, multibody capabil-
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ity greatly increases the complexity of the fluid dynamics problem
(and of the potential flow model), requiring dramatic restructuring
of the original steady-state panel methods.>>

In the present study the panel method of Ref. 5 was modified to
accommodate flows in which various body components may move
relative to each other and follow different paths. This required the
reformulation of the problem in a stationary frame of reference,
which is attached to the undisturbed fluid, rather than following
the moving-body frame-of-reference approach used in most
steady-state panel codes.?

To the best of the authors’ knowledge, this feature is included
for the first time in a widely used panel method® which now can be
applied to the analysis of both steady and unsteady flowfields,
involving multicomponent bodies having independent motions.

Brief Description of the Fluid Dynamic Model

The following brief description of the mathematical formulation
of panel methods is aimed only at highlighting the major steps
leading to the numerical formulations and indicating the differ-
ences between this and some previous?> methods. More details on
the mathematical principles of panel methods can be found in text
books such as Ref. 1, and details regarding the development of the
PMARC code can be found in Ref. 5.

Panel methods, in general, are based on the assumption that for
high Reynolds number and attached flow conditions, the viscous
effects are confined within thin boundary layers and wakes. The
fluid in the region spanning to infinity, as shown in Fig. 1, is
assumed to be inviscid, irrotational, and incompressible over the
entire flowfield, excluding the region occupied by several moving
bodies and their wakes. The continuity equation in terms of the
velocity potential @, when specified in the inertial frame (X, Y, Z)
and attached to the fluid at rest (bounded by S.., where the only
motion in the fluid is caused by the local motion of the bodies)
becomes '

Vid=0 n

Note that this selection of the coordinate system is equivalent to
the “classical small disturbance” choice of coordinate system. The
solution to Eq. (1), subject to the appropriate boundary condition,
yields the velocity potential in the whole flowfield. Another inter-
esting observation is that Eq. (1) does not include time derivatives.
The time dependency is introduced through the boundary condi-
tions. These boundary conditions state that the velocity normal to
the boundaries Sz;, Sa,,. .., and S, (in Fig. 1) is zero. However,
prior to formulating these conditions the kinematics of the problem
must be considered.

The global coordinate system (X, Y, Z) shown in Fig. 1 is used
for solving the fluid dynamic problem. In addition, each of the
moving solid bodies has its own body coordinate system (x, y, z);.
Let Vo, be the translation velocity vector, defined in the (X, Y, Z)

Fig. 1 Nomenclature used to define the potential-flow problem; note
that the fluid is stationary in the X, Y, Z coordinates.
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Fig. 2 Effect of time step size on the transient lift coefficient of an
infinite-span wing after it was suddenly set into a constant-speed for-
ward motion (airfoil section is NACA 0015).

system. The position vector from the origin of each body system to
a point on the body is r;(x,y,z); and Q; is the rotation rate of each
body’s frame of reference,

Q= (6,8,V), @

The momentary (Neumann) boundary condition, which requires
zero normal velocity at each point on the body, is satisfied by the
equation

(V& -V,—Qxr), n,=0 3)

in each body’s x,y,z coordinates. The direct proof of this kinematic
boundary condition is somewhat more elaborate and more details
are presented in Ref. 1.

Another form of the boundary condition [Eq. (3)] can be ob-
tained by observing that the incompressible continuity equation (in
integral form) states that the change in mass within a closed
boundary is zero, or

jSBpV¢ ndS =0 @)

If the surface S represents a solid surface (e.g., Sz, or Sg, in
Fig. 1), and if no flow crosses these boundaries, then the internal
mass is unchanged (or ®;, = const, where the subscript means in-
side Sp). Since the global coordinate system (X,Y,Z) in Fig. 1 is
attached to the stationary fluid, it is possible to select this constant
to be zero inside the closed body

@, =0 3

Equation (5), when applied inside the solid boundaries, can be
viewed as an alternative (called the Dirichlet) boundary condition
for Eq. (1). The use of Eq. (5) usually yields a numerically more
robust algorithm than the equivalent Neumann boundary condi-
tion. In most modern codes either condition can be applied to dif-
ferent components of the solid surfaces. Also note at this point that
either Eq. (3) or Eq. (4) is necessary for the solution of Eq. (1) but
is not sufficient for a unique solution.

Equation (1) can be solved using Green’s second identity (for
more details see Ref. 1), which states that a general solution to
Eq. (1) can be constructed by integrating the contribution of the
basic solutions of source ¢ and doublet u distributions over the
bodies’ surface and their wakes

1 1 1
@ = 4_n_[mdy+wake [M" ' V(;) - G(;)] a3 (6)
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Fig.3 Twe airplanes flying along nearly intersecting paths.

The influence of these singular elements (sources and doublets)
decays as the distance r increases from the element (and ap-
proaches zero on S, in Fig. 1). Also, note that this solution is pro-
vided in the global coordinates (of Fig. 1) whereas the velocity
boundary condition [Eq. (3)], at this point, is specified for each
body in its own frame of reference.

The modeling of vortex wakes, attached to the lifting surfaces,
require some additional conditions. Since potential flow is irrota-
tional, the amount of circulation generated by the various lifting
surfaces must be fixed by applying the steady-state Kutta condi-
tion along the trailing edges of lifting surfaces

Yre=0 )

This condition is assumed to be reasonable as long as the flow is
attached (and leaves parallel to the trailing edge). The wake shape
and rollup can be determined by requiring the vortex wake to be
force free, that is, aligned with the local velocity field. If the wake
is modeled by closed vortex line elements (which are equal to con-
stant strength, rectilinear doublet elements) then the preceding
condition requires that the wake circulation vector 'y, be parallel to
the velocity vector V

TwlV (8)

For the unsteady flow case the use of the Kelvin condition will
supply an additional equation which can be used to determine the
streamwise strength of the vorticity shed into the wake. In general,
it states that in the potential flow region, the angular momentum
cannot change, thus the circulation I" around a fluid curve enclos-
ing a lifting surface and its wake is conserved

dr
=0 9
” )

for any ¢ where Egs. (8) and (9) are stated in the inertial frame of
reference. Again, if the wake is modeled by constant strength dou-
blet panels (closed and fixed-strength vortex lines), then Eq. (9) is
implicitly satisfied and does not require additional attention.

A compact solution to Eq. (1) can now be obtained in the global
coordinate system by substituting the results of Eq. (6) into the
Dirichlet condition [Eq. (5)]. Therefore, inside a closed body

1 0 (1 1 1
thbody+wake u% [;)ds_aj.bodyc(;jds =0 (10)

This equation still does not uniquely describe a solution since a
large number of source and doublet distributions will satisfy
Eq. (10). To set the strength of the source surface distribution

recall that the source represents a discontinuity in the velocity
field, thus,

_ o0 99, 90
on  dn an

an

since 9@, /on = 0, according to Eq. (5), and @ is the potential of
interest outside the body. Now, substituting d®/dn from Eq. (3)
(where it appears as V® - n) into Eq. (11) yields

o=—(Vo+QXr); - m+V, (12)

Here the additional velocity V., is assumed to be known and can
be used for modeling jets and boundary-layer thickness effects (by
transpiration). At this point, the strength of the source distribution
is given by Eq. (12), and the mathematical problem is now unique
and can be solved.

To numerically solve Eq. (10), the body’s surface Sy is dis-
cretized into a set of quadrilateral panels, and constant-strength
singularity distributions (of sources and doublets) are assumed on
each panel. This formulation, used for the present code (PMARC),
is termed a low-order panel method. A high-order panel method
would employ a high-order polynomial approximation of either (or
both) the singularities or surface shapes. For each of the N surface
panels, Eq. (10) [which is another form of the boundary condition
of Eq. (5)] is satisfied at a collocation point placed at the center of
the panel. Then, for each panel the discretized form of Eq. (10)
will be as follows:

N NW N
Yo+ Y Cu+YBo, =0 (13)
k=1 t=1 k=1

which must hold at any time ¢. The coefficients C, C,, B, in this
equation represent the influence of a unit singularity distribution
on a panel acting at the collocation point of another panel. If the
solid-surface geometry is unchanging with time, C, and B, remain
constant, although C, may change if the wake geometry is varied
(due to wake rollup). In the present case a relative motion between
the various bodies (or surface components) is possible and the
coefficients representing the influence of one body on another
must be updated at any moment ¢. Note here that the momentary
source strength G, at each point, can be calculated directly from
Eq. (12) and the only time-dependent unknowns are the surface
and wake doublet strengths |, and |, respectively. However, W, is
directly related to the surface doublet values of the trailing-edge
panels by the Kutta condition. Since Eq. (7) requires that the vor-

V
=7
Ay”
Airplane 1 Az
y
w
Airplane 2

S e

Fig. 4 Details on the geometry used to model the flyby of the two air-
planes; note that at ¢ = 0, airplane 2 is at the origin and airplane 1 is at
Ayley = 1.36).
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tex strength at the trailing edge must be zero, the strength of the
latest wake panel must cancel the two line vortices along the upper
and lower trailing-edge panels, or W, = Wypper — Migwer the relation
that reduces the number of unknown doublets to N. Consequently,
for N surface panels, Eq. (13) is specified for each of the N collo-
cation points with N unknown doublet values at each moment ¢,
resulting in an algebraic, linear equation of order N.

The application of Eq. (7), as described in the previous para-
graph, is in the spirit of the two-dimensional, steady-state Kutta
condition, and assumes no pressure jump at a wing’s trailing edge.
However, the time-dependent, numerical implementation of Egs.
(7) and (8) require additional modeling decisions, such as the angle
at which the wake leaves behind a trailing edge and the length of
the latest wake panel, with respect to. the distance traveled by the
trailing edge. These additional parameters were addressed in the
past (e.g., in Ref. 9), but in this case the simplest assumption that
the latest wake element leaves along the bisector between the trail-
ing-edge upper and lower surfaces was adapted. The length of the
latest wake panel was set to one-quarter of the distance traveled by
the trailing edge, based on the arguments presented in Ref. 1.
These additional conditions are applicable to the latest wake panel
only, and the wake rollup procedure described in the next para-
graph should, in principle, direct the rest of the wake panels paral-
lel to the local velocity [as in Eq. (8)]. Thus, the effect of fixing the
latest wake element direction, relative to the trailing edge, should
become negligible when sufficiently small time steps are used
(therefore, the maximum time step depends on the streamlines cur-
vature near the trailing edge and can be found by several test runs
for each particular case).

The time-dependent numerical solution generally starts as an
initial value problem and proceeds as follows. First, the bodies are
moved along the prescribed paths (by one time step) and the geom-
etry of the problem is fixed for a given moment [this will automat-
ically set the local source strengths, from Eq. (12)]. Next, the trail-
ing-edge panels where the wakes will be attached are identified as
a programmer input. The constant strength doublet panel (which is
also used for the wake) is equivalent to a closed vortex ring along
the panel edges; therefore, the Kelvin condition [Eq. (9)] is satis-
fied for all time steps. One wake row is then shed from the speci-
fied trailing edges for the first time step. At this point the numeri-
cal equivalent of Eq. (13) is in the form of N linear algebraic
equations and when solved results in N unknown doublet values
(for each of the surface panels). During the next time step, the
body’s geometry and position are changed according to a pre-
scribed motion and the wake shape is updated (due to wake roll-
up). To determine the wake rollup at each time step, the induced
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Fig. 5 Lift coefficient variation during the flyby, for several vertical
separations.
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Fig. 6 Pitching moment coefficient variation during the flyby, for
several vertical separations.

velocity (u,v,w), at each wake panel corner point ¢ is calculated
(in the undisturbed flow frame of reference). Then, based on an
explicit Euler method the vortex elements are moved by

(Ax, Ay, Az), = (u,v,w), At (14)

Since both body and vortex wake is modeled by singular source
and doublet elements, a vortex core model is used for the wake
rollup procedure, which assumes zero velocity when two wake
vortices come closer than this core size (which was set equal to
0.001c, in the present case).

The solution of Eq. (13) provides the singularity strengths,
which when substituted back into Eq. (6) yields the velocity poten-
tial, whereas the gradients of Eq. (6) give the velocity components
in the whole fluid region. Once the flowfield velocities are deter-
mined, the resulting pressures can be computed using the Bernouili
equation.

PPy v: 2 9o
c,= L it s (15)
122 pv Ve A ot

ref

Here V and p are the local fluid velocity and pressure, respectively;
Dret 18 the far-field reference pressure; and v, ¢ can be selected as the
the kinematic velocity {from Eq. (3)]

Ver= — [Vop+ QX 7] (16)

Note that in situations such as the forward flight of a helicopter,
Veer can be selected as the forward flight speed (V) or the local
speed at each section on the rotor blade. The contribution of a
panel with an area of AA, to the aerodynamic loads A F, is thus

AF, = —Cpk(lﬂpvfef)kAAknk (17

This panel model differs from the methods of Refs. 2-5 by
assembling the solution in the stationary fluid frame of reference
and allowing multibody, time-dependent motion. This modified
formulation has been incorporated into the latest version of the
PMARC? program.

Sample Results
The simple examples presented in this section served mainly for
the validation of the method and helped to demonstrate the capa-
bilities of this approach. The selection of these examples is based
on the assumption that the effects of flow separation in the result-
ing flowfields was negligible. Furthermore, the issue of wake/body
or wake/wake impingement was not addressed. The number of
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Fig. 7 Rolling moment coefficient variation during the flyby, for sev-
eral vertical separations.
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panels used in these examples represent the minimum number
required to capture the flow behavior, based on sensitivity studies
carried out in the initial development of the test cases. A sensitivity
study determines the minimum number of panels by first generat-
ing a solution based on a very sparse paneling of the geometry.
The panel density is then increased until the solution does not vary
appreciably with an increase in panel density. This final geometry
would be the minimum number of panels required for a satisfac-
tory solution in the least computational time. However, based on
the limited experience gained during this validation process, it was
observed that even for cases requiring more detailed geometry,
computational times were still considerably less when compared to
other computational methods (e.g., finite difference Navier-
Stokes, etc.). Of course, viscous flow information such as the sur-
face skin friction cannot be obtained with this model.

Since panel methods for steady-state flows have been used
extensively for a variety of fluid dynamic problems, it is believed
that sufficient information exists on the sensitivity of the method
to panel density (e.g., Refs. 1-8). However, information in the
open literature about the sensitivity of these methods to time step
size is far more limited; therefore, the unsteady nature of the code
is first validated by comparing the calculated results with the exact
solution of Wagner!© for an impulsively started airfoil (see Fig. 2).
In this case a thin, symmetric airfoil is suddenly set into a constant-
speed, forward motion, and due to the influence of the starting
vortex, the transient lift C,(¢) is less than the steady-state lift,
C;(t = o). The solid, thick curve in the figure depicts the exact
solution of Ref. 10, clearly displaying that, as the nondimensional
time step is being reduced, the numerical solution approaches the
exact one. For the numerical computation an NACA 0015 airfoil
section was used, and to simulate two-dimensional results a large
aspect ratio was selected (AR = 50). The whole wing was modeled
by 30 chordwise and 100 spanwise panels totaling 3000 panels.
The large difference between the two methods near the origin is
due to the infinite acceleration at t = 0, assumed in the exact solu-
tion. However, in the computations the acceleration takes place
within the first time step and, therefore, it is finite and depends on
the time step size. Furthermore, during this initial acceleration the
lift is much larger and approaches infinity as Az — 0. Because of
this large difference in scale (during the first time step), compared
with the rest of the data in the figure, the 1ift during this portion of
the acceleration was not plotted on Fig. 2. Based on this figure,
time steps on the order of U, At/c, ~ 0.2 are sufficient for the cases
presented in this paper, and even larger time steps can reasonably
capture the transient loads. Additional information on the fluid
dynamic aspects of wing’s accelerating suddenly into a constant-
speed forward motion can be found in Ref. 1.

One possible application of this code’s multibody capability is
to investigate the interaction between two airplanes flying along
different (almost intersecting) paths. In the particular case pre-
sented in Fig. 3 the effect of a large airplane’s wing on a lighter

airplane’s stability is investigated. For simplicity, the airplane
geometries were represented by simple rectangular wings. To bet-
ter estimate the effect of the flyby on the smaller airplane’s pitch-
ing moment, a horizontal tail, which was also modeled as a rectan-
gular wing, was added. The larger airplane’s wing was modeled by
408 panels and its lift coefficent was set to Cy, ~ 1.40, representing
a landing configuration. The nearly 16-times smaller airplane’s
wing and tail were modeled by 646 and 420 panels, respectively,
and its cruise lift coefficient was set at C; =~ 0.38. The aspect ratios
of the large wing, the small wing, and its tail were 7.25, 6.43, and
3.60, respectively; where the chords were ¢y, 0.6¢;, and 0.38¢,,
with ¢; being the large airplane’s chord. Both airplanes had the
same forward flight speed, and geometric details of the flyby are
presented in Fig. 4. It is clear from this figure that numerous other
parameters such as the path intersection angle (shown as ¥ on Fig.
4), the timing of the arrival of each wing to the intersection point,
and the various separation distances (Ax, Ay, Az) are important.
For the purpose of demonstrating the capability of the method,
only the parameter Az shown in Fig. 4 will be varied. Finally, the
two airplanes in these computations followed a prescribed straight
flight path. Therefore, the effect of the aerodynamic interaction on
the flight dynamics was not included. However, this capability can
be included in future studies.

The effect of the wake/wing induced downwash can be seen in
Fig. 3 (¥ = 90 deg) by observing the downward displacement of
the smaller airplane’s wake, which passes underneath the wake of
the larger airplane (Az/c; = 1.13). The numerical solution for the
present model can be started as an initially steady-state problem or
as a sudden acceleration problem. For the latter case, a strong start-
ing vortex should rollup near the initial location of the trailing
edge; and the transient influence of this vortex has a considerable
and long lasting effect on the solution, as implied by Fig. 2. There-
fore, for this case the first option of starting the computations with
an initially steady-state solution was used, which also explains the
slight discontinuity in the wake rollup pattern near the ¢ = 0 point.
The magnitude of the interaction in terms of the aerodynamic coef-
ficients vs the nondimensional time U, t/c; (where ¢ is the larger
aircraft wing chord) is presented in the following figures. The geo-
metrical details of this flyby were dictated by an actual mid-air
interaction that was simulated by the given model and the r = 0
condition is described in Fig. 4. Therefore, at U,, ¢/c; = 0 the large
airplane was at a distance of Ay/c; = 1.36 to the left of the lower
airplane’s centerline. This case was run for several vertical separa-

Fig. 8 Panel model of a generic helicopter body and a rotor.
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Fig. 9 Pressure distribution along the body’s upper centerline with-
out the rotor (diamond and rectangular symbols, steady state) and
with the rotor passing through the ¥ = 45 deg position (circles; time
dependent, momentary data).

tions of Az/c,. Since both airplanes fly at the same speed (|U,| =
IV..]), at £ = 1.36¢,/U., the large airplane leading edge has reached
the lower airplane’s centerline, but now this airplane’s wing lead-
ing edge has moved by 1.36¢, forward. The effect of the aerody-
namic interaction on the lift of both airplanes is shown in Fig. 5,
which indicates that prior to the smaller airplane passing under the
larger wing, its lift coefficient increases due to the upwash of the
large wing/wake vortex system. But when it flies past the tip,
under the upper wing, the downwash prevailing in that area
reduces its lift. As the vertical separation Az decreases, the above
described interaction increases, so that at Az/c, = 1.13, the lift loss
(at U, t/c;~ T) is larger than the steady-state lift coefficient of the
small airplane. It should be noted that this result may be different if
the airplane path was altered by the dynamic effects caused by this
large change in C;.

The effect of the interaction on the larger wing (labeled airplane
1 in the upper part of the figure) is similar in shape but much
smaller in magnitude. Therefore, the pitching and rolling moment
data will be presented only for the smaller airplane. The pitching
moment data (relative to the main wing’s quarter chord) of Fig. 6,
in principle, follows trends similar to the lift data in Fig. 5. The ini-
tial upwash of the wing-tip wake of the larger airplane induces
upwash on the smaller airplane’s tail, increasing the negative
pitching moment (at U, ¢/c;~ 3 the wing has already crossed the
imaginary line coinciding with the right wing-tip vortex whereas
the tail is still outside this line). As the smaller airplane passes
under the wake of the larger wing, its tail is subject to the down-
wash from the larger wing and its two tip vortices, resulting in a
large pitch-up moment. As the tail crosses the shadow of the larger
wing’s left-hand-side wing-tip wake, it experiences an upwash (at
U, t/c,~ 9) that gradually decreases as the two wings part.

The rolling moment history during the flyby is presented in
Fig. 7. It is seen that as the airplanes approach each other, the
upwash induced by the larger airplane is greater on the smaller air-
plane’s left side, resulting in an increasing rolling moment (at U, ¢/
¢, <2). However, as the smaller airplane slides under the larger air-
plane, this trend is reversed (before the crossing) and once the
small airplane moves behind the upper wing (e.g., at U, t/c,~ 6-7)
its rolling moment becomes positive again. Then, as the small air-
plane crosses under the left trailing-edge wake of the larger air-
plane, the trend reverses and slowly decays to the steady-state con-
dition. If the aileron control limits of the smaller airplane are
estimated to be C,; = +0.03, then for vertical separations of less
than Az/c; =~ 3.5 the small airplane can lose its stability and con-
trol during the flyby. The described variations in the rolling mo-
ment are a direct result of the downwash induced by the large wing
bound vorticity and the proximity between the two airplanes.
Therefore, this effect is not expected to be present in a case when
the smaller airplane’s path crosses the far-field trailing wake cre-

ated by the larger airplane. Finally, as expected, for all data pre-
sented in regards to this flyby, the effect of interaction clearly
becomes smaller as the separation distance increases.

One of the most common flowfields involving relative motion
of solid body components is created by rotating propellers® and
rotors. In these cases, a body usually moves along a straight path,
whereas a second component (e.g., a rotor) is rotating relative to an
axis fixed to the body. As an example, a panel model of the rotor/
body combination (used for the experiments of Ref. 11) was pre-
pared. This model is shown in Fig. 8, and the rotor wake after
about one-third revolution is shown on the inset to this figure. The
generic body was modeled by 490 panels and 612 panels were
used for each rotor, resulting in a total of 2938 panels for the com-
plete configuration. The body has an axisymmetric shape and the
four rotor blades have a linear twist of 13 deg from tip to root, with
the larger angle at root (refer to Ref. 11 for further details on the
geometry). Several pressure transducers were nested along the
fuselage (in the experiments of Ref. 11) and time-dependent pres-
sure fluctuations were recorded. The case which served for the fol-
lowing comparison had a rotor advance ratio of J = 0.075. The
rotor/body was pitched down by 12 deg, resulting in a measured
thrust coefficient of C; = 0.86. Calculated and measured pressure
distributions along the upper fuselage centerline for the rotor on
and rotor off case are shown in Fig. 9. The flow in the rotor off
case is independent of time and the computed and experimental
data compare well. With the rotor on, the flow becomes time
dependent and the momentary, computed pressure distribution
along the fuselage centerline (at a rotor blade position of ¥ = 45
deg) is also presented in Fig. 9 (at the time of this comparison only
two experimental data points were available). The effect of the
rotor, as shown by the computations, is to increase the velocity in
the range x/R = *1.0, which in turn reduces the local pressure
coefficient. It should be noted that the pressure coefficient in Figs.
9-11 is based on the definition used in Ref. 11, that is, C, = 200(p
— p.Jp(QR)*.

The transducers that were placed on the body in the experiments
of Ref. 11 recorded time-dependent fluctuations which reflect four
peaks per rotor revolution (due to the four blades). Such data is
presented in Fig. 10 for the first transducer (corresponding to the
data of Ref. 11) and the location of this transducer is shown in the
inset to this figure. The nature of the fluctuations is captured by the
computations but at the beginning of the rotor rotation (first rota-
tion) the pressures were displaced by a constant value (see smaller
circles on figure). When adding the effect of the downwash created
by a fully developed wake (usually requiring about 68 rotor rota-
tions®), the magnitude of which was approximated here by a
method similar to rotor disk theory (e.g., as used in the code of
Ref. 2), the computed and experimental data match well, as shown

Location

D G

2.0 | of transducey,

-0.5 0 PMARC, undeveloped wake
O PMARC, forward flight

, |, T Expeniment J

0 90 100 200 300

Rotor Azimuth Angle, ¥, deg.

| 1 I

Fig. 10 Comparison between calculated and measured periodic pres-
sure coefficient variation, at transducer location 1, during rotor rota-
tion, in forward flight.
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Fig. 11 Calculated pressure distribution for the advancing and re-
treating blades at a radial station y/R = =0.7; airfoil shape is shown by
the inset to this figure.

in the lower part of the figure. This downwash approximation was
also applied to the results presented in the rotor/body case shown
in Fig. 9. In general, at the lower advance ratios the rotor wake
contacts the helicopter body, resulting in local flow separations.
This effect of wake impingement on the fuselage requires addi-
tional modeling and considerably more computational effort (due
to more rotor rotations), therefore, was not attempted at this early
stage of model validation.

Information on rotor blade section pressure distribution is nec-
essary when developing airfoil sections for rotorcraft application,
and such computed data is shown in Fig. 11 (no similar experimen-
tal data was available). The difference between the advancing and
retreating blade is marginal because of the low forward-flight
speed (relative to the blade-tip speed, or small J), and the flow is
most likely attached in both cases. Also, the whole geometry was
pitched down by 12 deg, which caused a smaller effective angle of
incidence on the advancing blade while increasing the effective
incidence on the retreating blade. Of course many rotorcraft flight
conditions involve regions of separated flows and then the present
method is not applicable.

Conclusions
The examples investigated in this study demonstrate the capa-
bility of the present method to model fairly complex attached

flowfields such as those created by the unsteady motion of wings
moving in different directions and by the rotation of rotors relative
to a helicopter body. Calculated pressure distributions and loads
compare favorably with the limited experimental data that was
available for validating this time-dependent method.

The overall approach is limited only by the restrictions of the
potential flow model, which is applicable mainly to high-Reynolds
number, incompressible, attached flows. However, problems such
as wake impingement on solid surfaces, as in the case of a puller or
counter-rotating propellers, was not addressed. Future modeling
efforts can focus on this area as well as on coupling this aerody-
namic model with a vehicle dynamic model for flight-path calcula-
tions.
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